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Abstract

In October 2003, a satellite project was initiated at the University of Applied Sci-
ences, Aachen, Germany in order to give undergraduate students the rare opportu-
nity to experience all the challenging aspects associated with satellite design, manu-
facture and operation. The spacecraft, labeled “Compass-1”, follows the design con-
cept of a “CubeSat”, a standard picosatellite design, jointly developed by California
Polytechnic State University San Luis Obispo and Stanford University Space Sys-
tems Development Lab. The CubeSat concept defines a cubic structural bus of di-
mensions 10x10x10cm?® and a total mass of not more than 1kg. Compass-1 is de-
signed for a circular, (near) Sun-synchronous Low Earth Orbit (LEO) with an altitude
of 600km and an inclination of 98°. Its designed operation time is 6 month.

To ensure a successful flight, it is necessary within the scope of the project to design
an adequate Thermal Control System (TCS). This work summarizes the thermal de-
sign and thermal analysis of Compass-1.
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Introduction

Unlike terrestrial or airborne vehicles, spacecrafts in general and satellites in particu-
lar are subject to an extreme thermal environment. Body temperatures ranging from -
100°C to +100°C are not uncommon in astronautical engineering applications. Some-
times these extreme temperatures are present at the same time at different locations
of the spacecraft. Fairly straightforward analytical and numerical methods are avail-
able to compute the thermal behavior for a given geometrical satellite structure in
LEO. The thermal control engineer must derive essential conclusions from these re-
sults and design thermal management solutions that satisfy the operational tempera-
ture limits of all components installed on the spacecraft. Numerical simulation is the
most important tool for the thermal control engineer. Considerable effort must be
spent in determining the thermal behavior of a body. The derived system solutions
often seem trivial on first sight but in fact they are highly optimized solutions emerg-
ing from comprehensive and sophisticated design preparations.

-13-



1. Thermal Environment

Compass-1 will be exposed to physical conditions and terms, which are different from
the conditions on Earth.

The Sun’s radiation is the greatest source of energy incident on most spacecrafts.
The emitted radiation from the Sun is constant within a fraction of 1% at all times.
However, due to the Earth’s elliptical orbit, the intensity of the Sun’s radiation reach-
ing the LEO varies by approximately £3,5% depending on the Earth’s distance from
to the Sun. In summer (northern hemisphere) the intensity is at a minimum of
1372W/m? and at winter solstice the maximum of 1417W/m? is reached. The value of
the solar constant varies, because of changes in the average distance Earth-Sun.
The eccentricity expresses to what extent the Earth's orbit around the Sun differs
from a circle. The orbit is somewhat elliptical, and a higher eccentricity corresponds
to a more elliptical orbit. The solar constant can be calculated with [R1]:

n
| Learn = le {1+ 0.033- cos(360°-ﬁﬂ (1)

where:

_1417W

g e = 1417 /ﬁ;z
- W

I E min 1327 A,] 2

I =currently solar constant
n = day number of the year

The radiation of the Sun that is reflected off of a planet or its atmosphere is known as
Albedo. The Earth’s Albedo is usually expressed as a percentage of incident sunlight
that is reflected back in to space and is highly variable. As a first approximation one
can assume a value of about 34%. However, reflectivity is generally greater over
continental regions as compared to oceanic regions and generally increases with
decreasing elevation angles and increasing cloud coverage.

The Earth does not only reflect the radiation of the Sun, but also emits long-wave IR
radiation due to its temperature. The Earth, as well as a satellite, achieves thermal
equilibrium by balancing the energy received (absorbed) from the Sun with the en-
ergy re-emitted as long-wavelength IR radiation into space. This balance is main-
tained fairly well on a global annual average basis. As a first approximation one can

use a value of around 237 +21W/m* emitted from the earth’s surface.

-14 -



At satellite altitudes the background of the space is black. Radiation (gamma, X, ul-
traviolet, visible, infrared and radio) from deep space represents a very small amount
of energy.

The temperature background for a satellite in space is 2.7K and the pressure sur-
rounding is very close to total vacuum.

This radiative environment causes extreme temperature variations in the satellite’s
outer skin. Thus the outside layers of insulating blankets can reach temperatures of
100°C when tumed towards to the Sun and drop to -100°C when in the shadow of
the satellite or Earth.

Radiation balance of Compass1 in LEO

Figure 1-1 Space environment for Compass-1 in LEO

The temperature requirements for each subsystem are shown in Table 1-1:

Camera -10...+70
Electronics -40 +85
Battery +5...+20
Solar cells -100...+100
Structure -45...+65

Table 1-1 Operating temperature limits
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The following Table 1-2 contains the constraints for the thermal control system de-
sign:

- Peak power < 1W
- Average power < 80mW
- Mass below 30g

Table 1-2 TCS constraints

Compass-1 in space interacts with its environment by radiation. This exchange of
energy by means is: solar radiation, Albedo, Earth infrared radiation and radiation
from the spacecraft to deep space. The purpose of thermal design is to maintain the
temperature of all spacecraft components within desired temperature limits using the

basic energy balance requirement:

ar .
m-c,—=0Q. - 2
w dt an Qout ( )
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1.1. Space environment

The space environment is a complex, orbit depend phenomenon. LEOs are orbits at
a height of less than 2,000km above the Earth’ surface. The space environment in
LEO contains many concerns that need to be considered in the design of a space-
craft. The most important features of the space environment are: vacuum, radiation

and residual atmosphere.

1.1.1 The atmosphere

In LEO, above 600km, the density and the pressure are very low. Figure 1-2 provides
the atmospheric pressure depended on the altitude. It can be seen, that beginning

from an altitude 500km the pressure is nearly 10™* kg/m?® . It means that vacuum can

be assumed.

B,

Uz 8,
) »
’Z/'_ 1

wo

Figure 1-2 Atmosphere pressure as a function of altitude

—

Atomic oxygen is another important part of the atmosphere’s effect in LEO. Atomic
oxygen results from the interaction of solar radiation with oxygen. The perturbations
in orbital period are very slight and therefore they can be neglected. Figure 2-2
shows the air density as a function of altitude.
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Figure 1-3 Density as a function of altitude
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1.1.2 Spectrum of solar radiation

Solar intensity varies as a function of wavelength. The energy distribution is approxi-
mately 7% ultraviolet, 46% visible and 47% near infrared with the total integrated en-

ergy being equal to the 1327W/mm? to 1417W/mm? values mentioned above.

2400

2000 |—
Solar

1500 |— radiatian

Fadiant emittance (W m I..-I_I

0 : ! | oo T
02 04 0§ 08 0 12 14 18 18 20 22 24 26

Wavelength, u (microns)

Figure 1-4 Spectral distribution of Sun radiation in LEO

Black body

An ideal black body is a theoretical object that absorbs all the incident energy and
emits all of its thermal energy. Planck’s law gives the spectral power distribution over
the wave-length for a black body and the Stefan-Boltzmann law expresses the total
power radiated. Black body radiation is the radiation emitted by a perfect black body
object. The radiated energy density p (energy per unit volume per unit wavelength
range) depends on the wavelength and is given by Planck’s law.
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1.2. Orbital parameters

Compass-1 is designed for a circular, near Sun synchronous LEO at an altitude of
600 km and an inclination of 98°. The Sun synchronous orbit has the characteristic of
maintaining the orbit plane at a nearly fixed angle relative to the Sun. The result of
this is that, on every orbit, the satellite passes over points on the Earth that has the
same local time. Because the Earth rotates beneath the orbit, the satellite sees a dif-
ferent swath of the Earth’s surface on each revolution and can cover nearly the entire

globe over the course of a day.

- gl

Figure 1-5 Sun synchronous orbit

In LEO, there is another parameter, known as the orbit beta angle 3, which is very
useful in visualizing the orbital thermal environment, particularly for the LEOs. The
beta angle is defined as the minimum angle between the orbit plane and the solar
vector and can vary between —90° and +90°, as illustrated in Figure1-6. The beta an-

gle is defined mathematically as:
S =arcsin(cosd; sini -sin(a — a,) +sin d, cosi) (3)

where
o, = declination of the Sun

i = orbit inclination
a = right ascension of the ascending node
a, = right ascension of the Sun

S = beta angle

-19-
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Figure 1-6 Orbital beta angle

As viewed from the Sun, a =0° orbit would appear edgewise as a Sub-Solar Point
(SSP), as shown in Figure 1-6.b. A satellite in such an orbit would pass over the Sub-
Solar Point on the Earth (the point on Earth where the Sun is directly overhead). That
is where Albedo loads are the highest, but it would also have the longest eclipse time
due to shadowing by the full diameter of the Earth. As the 8 angle increases, the sat-
ellite passes over areas of the Earth further from the Sub-Solar Point, thereby reduc-
ing Albedo loads; however, the satellite will also be subjected to the Sun for a larger
percentage of each orbit due to decreasing eclipse times. At one position, which var-
ies depending on the altitude of the orbit, eclipse time drops to zero. At a beta angle
of 90° a circular orbit appears as a circle as seen from the Sun there are no eclipses
independent of altitude, and Albedo loads are near zero. It should also be noted here
that the beta angle is often expressed as positive or negative positive if the satellite
appears to be going counter-clockwise around on its orbit as seen from the Sun,
negative if clockwise moving. [R2]

The eclipse fraction for a circular orbit can be calculated from the following equation:

1 4 (h* +2RH)*® : .
te = 180° % ((R+ H)cosﬁ] 14l </ )

where
Re = Earth’s radius
H = orbit altitude
B = orbit beta angle
B*= beta angle at which eclipses begin
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B* may be calculated using:

* _ aim-l RE
[ =sin (RE+HJ (5)

Equations (3) and (4) assume that the Earth’s shadow is cylindrical, which is valid for
low orbits where there is no appreciable difference between the umbra and penum-
bral regions of total and partial eclipsing, respectively. In this case the orbit plane is
parallel to the Sun vector (Figure 1-7).

Eanth

Figure 1-7 Cylindrical shadow

If the B angle is 90° the Sun vector is perpendicular to the orbital plane (Figure 1-8).
Here the eclipse time is close to zero and the equilibrium temperature is the worst hot
case temperature.

—
JE S— 7777
[
—

Figure 1-8 Shadow for near Sun synchronous orbit
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1.2.1 Orbital revolution of Compass-1

The duration of the eclipse is important for the spacecraft’'s thermal design. The
thermal loads from Sun and Albedo are governed by the eclipse period and influence
the design of the thermal control system [R2]. Firstly, the orbit duration will be calcu-
lated:

t, = -a® =96.30min (6)

The approximate eclipse duration of a satellite in a circular orbit that passes the
Earth’s shadow represented by a circular cylinder (3=0°) can be calculated with:

E=— (7)

where

{5

cos g

a = arcsin

with

a =R = for a circular orbit = R, +H,,
M. =Mass of Earth =5.97-10%*kg
H, =H_, =600km, circular

For a 600km orbit with =0 Compass-1 completes one orbital revolution t, in 96.30
minutes. For two-thirds of the orbital period, t=60.52min, the satellite is in sunshine
and its surfaces gets hot, while for 35.38 minutes it is in the Earth’s shadow and
cools down. Depending on this continuously changing environment a very specific
and carefully designed Thermal Control System is required.
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1.2.2 Earth geometry viewed from space

As mentioned the Earth emits radiation with value of around 237 +21W/m?*. This ra-

diation Compass-1 will receive during its orbit, in the Sun phase and the eclipse. But
the value for the infrared flux depends on the distance from Earth. It decreases with

the power Q q :

QIR = IEAE = IE(R)AR (9)

where
R=R, +H
A. =surface of Earth= 4R}
A, =radius of the sphere= 47R*
|- (% = Earth IR depend on distance

Replacing A and R in equation (9), a new equation (10) can be written as:

R? L,
IE(R):IE'[WJZIE'S”‘IZID (10)

The coverage area of a satellite is given in Figure 1-9.

where
RE

sin p’' =
P Re +H

p' =angular radius of the Earth

Figure 1-9 Relationship between geometry as viewed from the spacecraft
and from the center of Earth (Source [R3,5])
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1.3. Heat transfer

There are three fundamental thermal energy transfer mechanisms:

1. Convection
2. Conduction
3. Radiation

For each of the three transfer mechanisms, thermal energy flow is always directed
from regions of higher to lower temperature. This concept is based on the Zeroth Law
of Thermodynamics (thermodynamic equilibrium). It means that when two systems
are put in contact with each other, energy will be exchanged between them unless
they are in thermodynamic equilibrium.

1.3.1 Convection

Due to the extremely low density of the atmosphere at the orbital altitude and be-
cause of the microgravity environment, there are no mass or particles for convection
processes. The surrounding background temperature in space is 3 K, very close to
absolute zero. Then there is no energy transfer between hot and cold areas due to
convection.

1.3.2 Conduction

When a temperature gradient is present within a continuum (gas or rigid mass),
thermal energy will flow from the region of high temperature to the region of low tem-
perature. This is known as conductive heat transfer, and is described by Fourier’'s
Law [R12]:

. A-AAT
Qcond = (11)

Replacing the expression of Q_, the geometrical and material properties values by

a resistance factor R, .4, this yields to:

cond
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equation (11) can be written as:

Qcond = ; AT (13)

Rth .cond
where

L = Length of the conduction path [m]
A = thermal conductivity coefficient

Conduction will apply only for components on the same board and R;. (thermal resis-

tance in the junction case) can be assumed as a thermal resistance for this transfer
[R12].

1.3.3 Radiation

Radiation is the only mechanism of heat transfer for which no medium is required in
order to transport heat between two elements. Energy is transferred from one body to
another in the form of electromagnetic radiation. Matter with a non-zero temperature
emits a certain amount of radiation. The radiation energy an object emits is governed
by its geometry, surface properties, relative position with respect to other thermally
significant objects and its surface temperature.

Qu=¢0-F AT* (14)

Kirchhoff’s law

Kirchhoff's law states that absorptivity at any given wavelength and temperature is
equal to emissivity at the same wavelength.

£, T)=a(4,7)
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In general, good emitters of radiation are also good absorbers of radiation, which has
to be true for the object to stay at the same temperature.

Radiation incident upon a surface can be absorbed, reflected and transmitted. Due to
the conservation of this “incident radiation” the sum

9 =0, +d, +0. (15)
has to be equal to the incident radiation g, .

Since most solid bodies used on Compass-1 are opaque to thermal radiation, trans-
mission can be neglected.

G =4, +q, (16)

Planck’s law

Planck’s law gives the hemispheric intensity radiated by a black body as a function of
wavelength (or frequency):

£ - 27hc? 1 {ﬂ} (47)

/15 eCh/le _1 m3

where

h = Planck’s constant 6.6261-10>*Ws?
c = speed of light
k = Boltzmann constant

Stefan-Boltzman Law

The integration of equation (17) over all wavelengths results in the Stefan-
Boltzmann-equation (18) which represents the total of amount of radiated energy for
a black body.

27hc’ 1 W
J.dEbﬂ :_[ T e —1d/1 - [_2}

3 27°k*
15¢?
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Stefan-Boltzmann law :

| = 0'T4[—2} (18)

Wien’s displacement law

The wavelength A, for which the radiated power per unit of wavelength is maximal,
is related to the temperature T of the thermal emitter.

Amax ¥ = cCONSt. =C, (19)
C, =constant in Wien'’s displacement law 0.28978{%}

Thus the hotter an object the lower is the wavelength for the maximum radiation in-
tensity. An object that glows bluish is hotter and brighter then an object that glows
red (the wavelength of blue light is shorter than that of red light).

20007
. I RE T
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/ : 300 K
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%o z a6 &
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Figure 1-10 Wien’s displacement law
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2. Calculations

In this chapter preliminary thermal calculations will be done in order to have an idea
of the temperature Compass-1 will have to withstand during its life time. Several
cases with various coatings are considered to choose surface properties for Com-
pass-1, operating in acceptable temperature limits.

2.1. Energy balance of Compass-1

Thermal heat balance for steady-state happens when the amount of heat coming into
the spacecraft equals the amount of heat leaving the spacecraft. Heat from the space
environment is largely the result of solar radiation. Heat is lost from the spacecraft by
radiation, mainly to deep space. In Addition the influence of Earth is included. [R13]

Qp = Quu (20)

qun + Qalbedo + Qearth + QP = Qsat—>earth + Qsat—>space (21 )

where

qun = 0!5 Asat, proj Isun

Qalbedo =a; Asat Fearth—>sat 0.34- Isun

Qearth =R Asat Fearthasat Iearth

Qsat—>earth = &R Asat Fsat—>earth G(Ts:t - Teirth )

< 4 4
Qsat—>space = gIR Asat FsatespaceU(T - Tspace)

Asat Feartnssat = Ap
A Fas =6 Ay = (A Frara) =5+ A,
A Featseartn = Ap
Asat Featrspace = 6 Ay — (ASat Foatseartn ) =5-A

ar = &g (for temperature radiation)
Q, = electrical power dissipation
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2.2. Properties of materials

Surface

The external surfaces of a spacecraft radiatively couple the spacecraft to space. Be-
cause these surfaces are also exposed to external sources of energy such as solar
radiation, Albedo and Earth-emitted IR, their radiative properties must be selected to
achieve an energy balance at the desired temperature limits.

For Compass-1 the used materials with their properties are shown in the following
Table2-1.

Density [kg/m*3] 2700 2100 -
Conductivity [W/(m*K)] 166.9 200 -
Specific Heat [J/(kg*K)] 980 1600 -
Emissivity (thermal) 0.08 0.85 0.90
Absorptivity (solar) 0.379 0.92 0.97

Table 2-1 Material properties of Compass-1

Satellite structure

The basis structure is made from Al 6061-T6 [R11]. The optical surface properties
are shown in Table 2-1, they are based on an uncoated surfaces.

Solar cells

Due to their high absorptivity, high emissivity, and low thermal mass, solar arrays
typically cycle over wide temperature ranges as they go from sunlight to eclipse. The
most advanced one are from RWE/Germany with an efficiency of 28.0%. They are
Ultra Triple Junction Solar Cells [R10].

Black paint
The paint Nextel, Velvet-Coating 2010, 3M Comp. has been certified for space condi-
tions like vacuum and extreme temperature ranges. This paint will be considered for

a surface finish, because of the high absorptivity. This may be interesting in the
shadow phase [R9].
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The surface of Compass-1 is made up of about 30% aluminum alloy and 70% solar
cells. Hence, it is necessary to calculate an average material property for the thermal
analysis with

QAp = Qsc +QAI (22)
where

QSC = gSC : ASC .G.Tsi
QAI =&p A 'O-'T:I

TAI = Tsc

using the equation (22)

For the sides 1,2,3,6 (covered with 70% solar cells and 30% aluminum) it follows:

Ay =0.7-0.92+0.3-0.379=0.76
Epn_se =0.7-0.85+0.3-0.08 =0.62

For the side 5, which aluminum parts are black painted and, the average value is:

gy o =0.7-0.92+0.3-0.97 = 0.94
€6y 5 =0.7-0.85+0.3-0.9 = 0.865

Solar cells will not be attached to side 4, because of antenna design. On this side the
communication antenna and GPS antenna will be mounted and on this side no solar
cells will be attached because of the size of the solar cells.

Figure 2-1 Structure of Compass-1
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1 0.62 0.76 70% Sc, 30% Al
2 0.62 0.76 70% Sc, 30% Al
3 0.62 0.76 70% Sc, 30% Al
4 0.08 0.379 100% Al

5 0.865 0.94 70% Sc, 30% Bp
6 0.62 0.76 70% Sc, 30% Al

Table 2-2 Average of optical surface properties for partial covered surfaces

Further calculations follows the plan shown in Figure 2-2 .

Starting from

dT

Cy E = Qin - Qout
dT
— =0
dt
Steady - state transient
Calculations calculations
Teg T(t)
=0 ) #0 : :
Q Q Q, =0 Q, #0
T
J' = J' dt
L, Worst hot case: ol Tspace o

chapter 2.3.1 + 2.5.1

| , heatup—  chapter2.6 +2.8
Worst cold case: formula 32 + 34

chapter 2.3.2 +2.5.2 L,
cool down— chapter 2.6 + 2.8
formula 33 + 35

Figure 2-2 Approach to the calculations
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2.3 Temperature equilibrium

This section presents calculations of steady-state equilibrium temperatures on Com-
pass-1. As already mentioned the calculations are used as a means of first order ap-
proximation of the expected temperatures on orbit for Compass-1. Two main cases
are considered: worst hot case and worst cold case. The general dependence of lo-
cal equilibrium temperature in Compass-1 included emissivity, solar absorptivity, so-
lar radiation, Albedo, Earth radiation and radiation from body to space. The objective
is the computation of the equilibrium temperature for Compass-1, considering no in-
ternal heat sources at this stage, such that

Q,=0

Radiation balance

The calculation of the steady-state temperatures uses a basic energy balance. The
equilibrium temperature is obtained from condition Q, =Q,, (see chapter 2.1, equa-

tion (22) ). The effects included in the calculation are solar radiatian, Albedo, Earth
radiation and radiation from the body to space.

&R0 5%(-'_4 _Tsi)acl—i_glRaeb(TAf —T¢ ) =0 | A +034 o | A +oel A (23

The part g,Rovﬁ\p(T4 ~TZ) can be neglected, becauseT, ~T.
Therefore it is assumed that (T* -T¢)=0

The equation after solving for equilibrium temperature (worst hot case) is:

a a
T=4 ?I_Si+_?034ls Ab +aiR. Ab 'I_+'Ts?)ace (24)
Er O 5:% Ern O 5'6\0 ER SA\D o

In the following sections different possibilities of the surface finish of Compass-1 are
examined. There are several feasible options for surface finish, so the purpose of this
chapter is to choose a suitable solution for Compass-1 on its orbit.
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2.3.1 Worst hot case

For a solar array covered body of a spacecraft, the energy balance equation includes
a power generation term since the solar cells convert solar energy directly to electri-
cal energy. Therefore there is 1W dissipation inside the cube.

The worst hot case temperature for Compass-1 with non operating solar cells is
given by:

%
Toofre gl B A e By an 03400, A ay (25)
M o BA) e o BA, ¢ o 5A, &
Sun IR Albedo
where

as, = solar Absorptivity

as, = solar Absorptivity of bottom

&R = average emissivity value, for the sum of the areas,

which interacts with deep space

a R = &R using the Kirchhoff’s law

Results for various surface properties for worst hot case:

Solar radiated surface covered with 70% solar cells and 30% aluminum

70% solar cells and 30% aluminum | 70% solar cells and 30% black paint

£, =062", a5 =0.76" £, =0.865",ar; = 0.76"

£z =05122,a; =0.76" &1 =0.5127 a5 =0.94"
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Solar radiated surface covered with 100% aluminum

70% solar cells and 30% aluminum | 70% solar cells and 30% black paint
&ip, =0.62", 5 =0.379 &, =0.865”, a5 =0.379
ER = 0.5122),asB =0.76" ER = 0.5122’,aSB =0.94"

Solar radiated surface coverage with 70% solar cells and 30% black paint

70% solar cells and 30% aluminum | 70% solar cells and 30% black paint

£ =0.620,ag =094 £ = 08657, ar =0.94Y

&} =0.886, a5, =0.76" &} =0.8867, 5 =0.94"

Solar radiated surface covered with 100% black paint

70% solar cells and 30% aluminum | 70% solar cells and 30% black paint

£ =0627, 0 =097 £, =0.865%, a5 =0.97

£1r =0.886Y, a5, =0.76" £jr =0.886”, 05, =0.94Y
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2.3.2 Worst cold case eclipse

If the spacecraft is in the shadow of the Earth and is not in view of any portion of the
Sun’s radiation, this condition is called a worst cold case condition. For this condition
there is no direct solar, albedo energy intake, which also means, that no electric
power can be generated by the solar cells. In this case the equation for the equilib-
rium temperature is reduced to equation (26):

I
A
Tmin :|:-|-4 +I_E.8|R P :| (26)
p

This cases are distinguished by two possibilities of coverage of the satellites bottom.
In first case the bottom consists of 70% solar cells and 30% aluminum, in the second
case 70% solar cells and 30% black paint. Using the Kirchhoff's law o =&

where

&R = IR emissivity value
ER = average emissivity value, for the sum of the areas, which inter-
acts with to deep space

Results for various surface properties for worst cold case:

Results for covered side with 70% solar cells and 30% aluminum

70% solar cells and 30% aluminum | 70% solar cells and 30% black paint
& = 0.62" & = 0.865"
&, =0.512% &, =0512%
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Results for covered side with 70% solar cells and 30% black paint

70% solar cells and 30% aluminum | 70% solar cells and 30% black paint

£ =0.62" & = 0.865"
& =0.886% & =0.886%

Y The values are calculated in chapter 2.4

?) The areas which radiates into deep space are 4 sides covered with 70% solar cells and 30% alumi-
num and one side with 100% aluminum.

e = 4-egoy+ley 4 0.625+ 0.08 _ 0510

5

® The areas which radiates into deep space are 4 sides covered with 70% solar cells and 30% black
paint and one side with 100% black paint.

4.¢ +1-¢ .
gTR _ Sc_Bp5 Bpl _ 4 086:+ 097 _ 0886
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2.3.Summary for stationary calculations

70% solar cells T e 320.8K 325.1K
. :
30% aluminum T 177 0K 192 4K
T 289.2K 295.0K
100% aluminum
Ui 177.0K 192.4K
70% solar cells T e 290.3K 287.9K
o ;
: T 286.1K 289.6K
100% black paint
Ui 154.4K 167.7K

Table 2-3 Results of steady-state calculations

e The results from the hot case calculations yield the following conclusions:

The temperature values are different from each other for various coatings. With the
temperature values for the Sun radiated side covered with 70% solar cells 30%
aluminum the overall temperature of the battery (Table7-1) is about 30°C above its
maximum hot operational limit. With the other surface properties the battery is able
to survive during the Sun phase.

eThe cold case predictions yield worse conditions. The temperature of every satellite
subsystem will dip below the cold limits for eclipse equilibrium temperature. With
the temperature values between T, =192.4 K and T,,,=154.4 K the satellite is too
cold.
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2.4. Temperature equilibrium with electrical power dissipa-
tion on board

In this chapter the calculations for the equilibrium temperature include the dissipated
power, which is present inside the satellite. The computation ensues from chapter
2.2, whereby the following formula (27) with Q ; =1IW will be applied:

&0 SAb(T4 _Ts‘:)acl_i_gl ROAb(T4 _Té ) =0g IS'A}J +034 O, Is'Ab +opgl E'Ab +Qp (27)

using the Kirchhoff's law « = ¢

2.5.1 Worst hot case with electrical power dissipation

Using equation (25) the worst hot case with electrical power dissipation Qp =1W can
be calculated with:

Tmax: Tspace+;'_'_:+_'_'_*+ ) — Tt (28)

where
as, = solar Absorptivity
as, = solar Absorptivity of bottom
&R = IR emissivity value
ER = average emissivity value, for the sum of the areas,

which interacts with deep space
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Calculations:

Solar radiated surface covered with 70% solar cells and 30% aluminum

70% solar cells and 30% aluminum | 70% solar cells and 30% black paint

£, =062", 5 =0.76" £, =0.865",ar; =0.76"

£z =05122,a; =0.76" &1 =0.5127 a5 =0.94"

Solar radiated surface covered with 100% aluminum

70% solar cells and 30% aluminum | 70% solar cells and 30% black paint
&, =0.62", a5 =0.379 &, =0.865", a5 =0.379
£ =0.512% a5 =0.76" £jr = 0.512? 5 =0.94"

Solar radiated surface covered with 70% solar cells and 30% black paint

70% solar cells and 30% aluminum | 70% solar cells and 30% black paint

£, =0.627, 5 =0.94" &, =0.865", a5 =0.94"

£1r =0.886Y a5 =0.76" £ =0.886Y g =0.94Y
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Solar radiated surface covered with 100% black paint

70% solar cells and 30% aluminum | 70% solar cells and 30% black paint

=0.62", a5 =0.97 &, =0.865", a5 =0.97

8|R1
£ = 0886, a5, =0.76" &1 =0.886Y g =0.94"

2.5.2 Worst cold case with electrical power dissipation

In this case only four cases need to be examined, because the Earth orientated sur-
face consists of 70% solar cells/30% aluminum either 70% solar cells/30% black

paint. However, the different ¢;has to be considered. The average ¢;; and & are
calculated in chapter 2.3.1 and 2.3.2.

- Y
A
Tmin = Ts?)ace +I_E' gI*R L +— Qp (29)
o &r 9A, &RSA, 0
where
ER = IR emissivity value
ER = average emissivity value, for the sum of the areas,
which interacts with deep space

A = surface area of one side of the cube
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Results for various surface properties for worst cold case:

Values for coverage with 70% solar cells and 30% aluminum, and 100% aluminum
on side number 4.

70% solar cells and 30% aluminum | 70% solar cells and 30% black paint

&r =0.62 &r =0.865
er =0.512 &g =0.512

Values for coverage with 70% solar cells and 30% black paint, and 100% black paint
on side number 4.

70% solar cells and 30% aluminum | 70% solar cells and 30% black paint

£ = 0.62 £ = 0.865
& =0.886 £ =0.886
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Summary for steady-state calculations:

70% solar cells T e 326.0K 330.0K
30% aluminum T 202.2K 213.0K
: T e 296.1K 305.0K

100% aluminum
Troin 202.2K 213.0K
70% solar cells T e 294.3K 299.6K
30% black paint T 176.3K 185.7K
. T e 295.9K 301.1K

100% black paint
Troin 176.3K 185.7K

Table 2-4 Results for steady state calculations with electrical power dissipation

e The results of the worst cold case including heat dissipation shows, that the dissipa-

tion is not able to increase the temperature inside Compass-1 during the eclipse so
that the components are within the allowable temperature limits.
Compared with the temperature values for worst cold case from chapter 2.4 the
values in this case rose around 20°, but this is not sufficient for the satellite overall
temperature behavior, especially for the battery and camera operation temperature
limits.

eThe results from the worst hot case calculation yield that the temperatures for the
Sun radiated side covered with 70% solar cells and 30% aluminum is too high for
battery and camera.
For the Sun radiated side covered by 70% solar cells and 30% black paint the tem-
perature is within the allowable limits, but the temperatures determined on Com-
pass-1 are very low.

eDue to this low temperature values, probably a heater will be needed, which will

keep the satellite and its interior components in their required operating tempera-
ture ranges during the shadow phase.
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2.5. Instationary calculation

This section shows a detailed calculation of instationary conditions for coverage with
70% solar cells and 30% aluminum, and black painted bottom. The calculations for
the further cases are attached in Appendix B.

Using the equations (25) in chapter 2.3.1 and (26) in chapter 2.3.2 the equilibrium
temperatures are:

* For the cold case at the end of eclipse: T ;, =192.4K
* For the hot case in Sun: T =325.1K

Instationary calculation [1]:

The temperature extremes for Compass-1 as a one mass thermal node have been
calculated in the previous sections. The analytical means discussed in these sections
allows the computation of the temperature varying with time between the two steady-
state boundary conditions. In order to be able to calculate the transient thermal be-
havior of Compass-1, a basic instationary equation has to be considered:

ar - .
m . C —_— = . — 30
w dt an QOUt ( )

This equation can be solved in a first step for the equilibrium condition(jj—-lt- =0,
Qin = Qout

Using the general formulation of the equilibrium calculation (Tmax, Tmin) for solving the
instationary basic equation a nonlinear differential equation emerges, which can be
easily solved by separating the variables and subsequent integration.

In case of no internal energy dissipation, the separated differential equation is [1]:

m-c, } ar jdt (31)

4 4
Ao T=T, Ts _Tspace t=0

-43 -



Integrating this equation for the heating up phase (Ta > To) results:

At =C-|| artanh Ta +arctan L= ar tanh T +arctan T (32)
TS TS TS TS

where (calculation for solar radiated coverage with 70% solar cells and 30% alumi-
num and black painted bottom)

T =T, = 325.1K
T, = starting temperature of calculation = 192.4K
T, = actual temperature

In case of down cooling the satellite the integration results in

At =cC-|| arcoth Ta +arctan Ta |- arcoth To +arctan T (33)
Te Te Te Te

Te =T,,=192.4K
T, = starting temperature of calculation = T, >T

where

a

T, = actual temperature

The constant “c” for the satellite is given by:

for the heating up phase for the cooling down phase

Zmi 'CWi zmi'cwi

S_ﬂ—fzzslos CEZEA—S,O-:
2-Tg 2-T¢

11143s

where

Ts =325.1K, T = 192.4K

m, =270g and c, = 980"
Al kg . K
Nm
Me. = 27 and ¢, =1600——
SC g WSC kg . K
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&, = average emissivity value for the satellite

QA =4'QAI—SC +1’QBp—Sc +1'QAI

En0T ‘A =0T (AA- &5 g +1A £, o +1A )
1 1

Ep =g'5Al—SC+E‘EBp—Sc+E‘5Al =0.57

2.6. Results of instationary calculation

Starting with the equilibrium temperatures in hot and cold phase, the temperature
behavior during the circulation on orbit can now step by step be calculated.

If the starting point is assumed at the end of the shadow phase and uses the calcu-
lated (chapter 1.2.1) time span of the Sun phase of 60.52min, the temperature just
before entering the shadow is

. TO :Tmin
Atg,, =60.52min — T

sunl
This is the start temperature for the cooling phase calculation in the Earth’s shadow
(30.38min).

At. =35.38min — st

This calculation can be done several times up to a point where the Sun and shadow
end temperatures do not change any more, i.e. an abort condition of € < + 1K is
reached. Table2-5 shows the results for a period of 3 orbits, to determine which tem-
perature values will be reached.
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Table 2-5 Results of the transient temperature calculation

TIKI & Te=325.1K

Tmax=
320.8K.

Tmin= |
253.BK

3K e

time [min]

Figure 2-3 Temperature behavior during one Earth orbit
(coverage: solar radiated surface: 70% Sc and 30% Al
bottom: 70% Sc and 30% Bp )
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eThe first results from the instationary calculation yield that the coverage with 70%
solar cells and 30% aluminum and the coverage with 70% solar cells is a possible
solution to control the satellite. For the aluminum application the temperatures dur-
ing the Sun period for this coverage are too hot for the battery, but in the eclipse the
temperatures are most nearly to the lower temperature limit. The battery is the most
thermal sensitive part of the satellite subsystems because it can not be recharged
below +5°C.

eThe secondary choice of surface finish which can be taken into consideration is the
coverage with solar cells and black paint on each surface. The temperature values
for the Sun period are within the allowable temperature limits. Only during the
eclipse a temperature control has to be developed.

eBecause Compass-1 rotates during his orbit along the z-axis the sides with 100%
aluminum and 100% black paint can also be exposed to solar radiation. These
cases were considered and computed as well.

eThis first result shows also, that the temperature values with solar cells and black
painted side, which is orientated to the Earth, are higher than the values with solar
cells and aluminum coverage. Thus a first tendency shows for the surface finish for
the Earth orientated side preferred in black resulting in a higher temperature in or-
der of 2 degrees.

e Figure 2-3 shows the temperature characteristics of Compass-1 during its time in
orbit. After the satellite heats up in the Sun phase to Thax=320.8K, it enters into the
shadow and the maximum equilibrium temperature Ts =325.1K cannot be reached.
This same scenario occurs during the eclipse.
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2.7. Instationary calculation with electrical power dissipa-
tion

Solar radiated surface is covered with 70% solar cells and 30% aluminum and the
Earth orientated side is a black painted bottom with 70% solar cells.

The instationary temperature calculations can be proceeded with the boundary condi-
tions in chapter 2.5.1 and chapter 2.5.2 (Tax=330K and Tn,in=213K). The calculations
ensue according to the same principle as in chapter 2.6 with the equation (32) for the
heating up phase with a time span Atsy,=60.52min and the equation (33) for the cool-
ing down phase with Atshagow=35.38min.

Equation for the heating up phase is:

At =C-|| artanh Ta +arctan L= ar tanh T +arctan To (34)
TS TS TS TS

Ts =T, =330K
T, = starting temperature of calculation = 213.0K
T, = actual temperature

where

In case of cooling down the equation is:

At =cC-|| arcoth Ta +arctan Ta ||_ arcoth To + arctan To (35)
TE TE TE TE

Te =T, =213.0K
T, = starting temperature of calculation =T, >T

where

a

T, = actual temperature

The constant ¢ must be calculated for the sunlight phase with Ts=330K , ¢s=2208 s
and for eclipse, with Te=213K and cg=8213 s.
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The values ga, m;, ¢, are the same like in chapter 2.7.
ea = average emissivity value for the satellite = 0.57 .

Following Table 2-6 shows which temperature values are reached over a period of 3
orbits:

Table 2-6 Results for the transient calculation with electrical power dissipation

eThe results show that Compass-1 is too hot in the Sun phase when the sides are
covered with aluminum and solar cells and the bottom is black painted and covered
with solar cells. The temperature is with Ts=326.4K about 53°C above the battery
temperature limit. To avoid such high temperatures Multi Layer Insulation (MLI) can
be mounted instead of pure aluminum surface. If during the eclipse the temperature
is still too cold, a heater will be used to ensure the allowable temperatures, mini-
mum.

eThe second alternative for the surface finish is the coverage with 70% solar cells
and 30% black paint on all surfaces. In the Sun phase the temperatures are within
the allowable subsystem temperature limits. But in the eclipse the temperatures are
too cold. For this case a heater will be attached to the battery to maintain the opera-
tional cold limit. .
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2.8. Calculations to avoid the extreme temperatures

2.8.1 Surface finish with MLI

In the following section the calculation for steady-state and transient temperatures
will be restarted with the Multi Layer Insulation MLI (material properties are shown in
Table 2-7). This is necessary for the case (results chapter 2.8), where the sides are
covered with pure aluminum and solar cells, because the satellite is too hot during
the Sun phase. For this reason new surface finish with MLI has been chosen, acting
as radiation shield. MLI, also known as thermal blanketing, insulates the spacecraft
by minimizing radiation input and heat absorption. A wide range of different MLI de-
signs are existing, so a aluminum coated 3mil. Kapton foil has been chosen on Com-
pass-1.

Case A: MLI protection

The MLI will be mounted on the top surface of Compass-1 which will be illuminated
during the Sun phase. The bottom side will be covered with solar cells and black
paint and the other sides are covered with solar cells/aluminum (Figure 2-4).

Figure 2-4 Structure with MLI and solar cells on top side

The computation according to chapter 2.5 “worst cases” and chapter 2.6 “Instationary
calculation” are done with material properties shown in Table 2-7.

Weight [g/m”2] 500
Conductivity [W/(m*K)] 0.02
Emissivity (thermal) 0.6
Absorptivity (solar) 0.15

Table 2-7 Material properties for MLI [7]
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For the top side covered with MLI and solar cells the average values for the thermo-
optical properties are:

gy s =0.7-0.92+0.3-0.15 = 0.689
£gp.sc =0.7-0.85+0.3-0.6 =0.775

&, = average emissivity value for the satellite = 0.7

£ = 3o tloen+1-5 _ 3-0.62+0.08 +0.775 _ 0,543

5 5

Using the equation (28) in chapter 2.5.1 and equation (29) in chapter 2.5.2 the equi-
librium temperatures with internal power dissipation are:

* For the cold case at the end of eclipse: T,;, = 210K
* For the hot case in Sun: Toax =3233K

With these conditions an instationary calculation for a period of 3 orbits has been
done. The constant c for the heating up phase is cmax=1912.5 s, and for the cooling
down phase cnmin=6978.3 s. The results are shown below, in Table 2-8:

1.Orbit 2.0rbit 3.0rbit
T 318.6K | 320.8K | 321.0K

T: 250.8K | 251.0K | 251.2K
Table 2-8 Instationary calculation results for MLI,( Case A)

Results:

The temperature for the worst hot case is still too high for the battery. It is not suffi-
cient to cover only the top side with MLI, so that a new analysis will be done for cov-
erage with mounted MLI on every side, except the bottom side which is orientated to

the Earth.
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Case B: MLI protection (all surfaces except the bottom side)

In this calculation on every side MLI will be mounted, except the bottom side, which
keep painted black and covered with solar cells (Figure 2-5)

Fl

|/

|7

I-I! I!I 1

Figure 2-5 Structure with MLI and solar cells coverage

With &; =0.74 the equilibrium temperatures are:

* For the cold case at the end of eclipse: T;, =194.3K
* For the hot case in Sun: T =304.3K

Using the equation (34) in chapter 2.8.1 and equation (35) in chapter 2.8.2 a new
instationary calculation with ¢, =1139s and c,,, =296.5s has been done.

Table 2-9 Instationary calculation results for MLI, (Case B)

The results show that the application of MLI was a positive choice for the Sun period,
but the temperature level dropped very deeply in the eclipse. The reason of this low
temperature is the low absorptivity of MLI.

Case C: Heater attached to the battery

To maintain the satellite temperature above the operational cold limit during the
eclipse an additional heater is required. Electrical resistance heaters are the best so-
lution for providing heat for the spacecraft equipments. Currently 86mW have been
allocated to the thermal subsystem as heating power. A detailed definition and selec-

-52.-



tion of a heater is described in chapter 4 “Thermal control”. A new transient calcula-
tion will be done for the total time of eclipse, using a heater.

For the worst cold case with QPH =86mW the satellite has a new equilibrium tem-
perature of:

~ Y
4 Qp,
Tmin = Tambient R e— =197.1K

Epn- ASat o

T.mient =196.0K is the ambient temperature inside the satellite at the end of eclipse

after the 3™ orbit without a heater, (one node model)
T.n =Te =197.1K is the new temperature value for the instationary calculation

T, = starting temperature of calculation = 304.3K
The constant ¢, =198.2s

At the end of eclipse with a switched on heater the temperature for the satellite is
T=198.2K. The reasons for this low temperature are on the one hand, that the heater
does not provide enough energy to heat the complete satellite during the eclipse. On
the other hand the low absorptivity of MLI prevents the heat input during the Sun pe-
riod. The temperature during the Sun period is slightly above the upper allowable
temperature limit for battery. The results show that in this case the application of MLI
has not turned out as a satisfactory solution.

2.9.2 Heater attached to battery

As herein above mentioned (in chapter 2.8, Table 2-10) there is an alternative solution
( 70% solar cells and 30% black paint on all surfaces) to maintain the temperature
within the allowable limits.

This coverage is a sufficient solution for the Sun period Tsyn =297.3K. During the
eclipse period (Tg=230.5K) it is required to attach a heater to the battery.

It is difficult to examine an exact temperature value which is actually present on the
battery at the end of the eclipse using the equations from the section before. This
equations based on the assumption of an one-node model and can be not used on a
simple transformation for separate calculation of battery temperatures as a sub-node.

To find out how long and when a heater has to be switched on to hold the temperature

limits, in the following chapter an electrical analysis is investigated by using the finite
element method.
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3 3-D model of Compass-1

The purpose of this chapter is to develop a thermal model which will simulate the
Compass-1 temperature behavior for its normal orbit.

The nodal network modeling method first divides the satellite for thermal analysis into
a finite number of nodes and connects between node and node by using thermal re-
sistance. This method has advantages of simplicity and fast calculation.

3.1 Thermal model

The task of thermal modeling is the adequate consideration of Compass-1’s geome-
try and thermal material properties as well as the formulation of appropriate initial and
boundary conditions. This will describe the integration of the object in the physical
environment on a proper way. The problem is to create a thermal model, which, is on
the one hand simple enough to limit the expenditure and time needed for the simula-
tion and which is, on the other hand, detailed enough to give an adequate description
of the physical situation and relations.

In this analysis the ANSYS software has been chosen. The advantage one of Ansys
is that it considers the material properties accurately and it allows working in three
dimensional space.

Because the heat flow that radiation causes varies with the forth power of the body’s
absolute temperature, radiation analyses are highly nonlinear. An iterative solution is
required to reach a converged solution.

The basis for thermal analysis in ANSYS is a heat balance equation obtained from
the principle of conservation of energy. The finite element solution one performs via
ANSYS calculates nodal temperatures, and then uses the nodal temperatures to ob-
tain other thermal quantities.

For a 3D analysis a SHELL157 element was chosen with Radiosity Solver Method
(RSM). For the Radiosity Solver Method SHELL157 must be superimposed on de-
fined conditions for radiation. The RSM works for generalized radiation problems in-
volving two or more surfaces receiving and emitting radiation. Appendix D gives a
detailed program structure of the Radiosity Solver Method.

The thermal model was build with the Solid70 element. Solid70 has a three-
dimensional thermal conduction capability. The element has eight nodes with a single
degree of freedom, temperature, at each node [8]. The element is applicable to a
three-dimensional, steady-state or transient thermal analysis. The element also can
compensate for mass transported heat flow from a constant velocity field.
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The geometry, node locations, and the coordinate system for this element are shown
in Figure 3-1. The element is defined by eight nodes and the orthotropic material
properties. Orthotropic material directions correspond to the element coordinate di-
rections.

Figure 3-1 Solid Element

SHELL157 (Figure 3-2) is a 3-D element having in-plane thermal and electrical con-
duction capabilities. The element has four nodes with two degrees of freedom, tem-
perature and voltage, at each node. The element applies to a 3-D, steady-state or
transient thermal analysis, although the element includes no transient electrical ca-
pacitance or inductance effects. The element requires an iterative solution to include
the Joule heating effect in the thermal solution.

~ Findlinting

IZ- _f __5"' K AlndAreA
Fl
Il

Figure 3-2 SHELL57 Thermal Shell

The major heat input for the Compass-1 model is the solar flux. Earth’s IR radiation
and the Sun radiation reflected by the Earth’s atmosphere (Albedo) will also have a
significant contribution to the thermal behavior. There is also a heat dissipation from
the electronics, inside the satellite. The energy output is only by radiation to space
background. The amount of absorbed and emitted heat will be regulated by the opti-
cal surface properties.
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3.2 Analysis

The aim of the thermal analysis is to determine with a good accuracy the temperature
mapping of Compass-1 and then develop a thermal control solution to maintain all
components within their allowable temperature limits for all operating modes (Table
1-1).

ANSYS supports two types of thermal analysis:

1. A steady-state thermal analysis determines the temperature distribution and other
thermal quantities under steady-state loading conditions. A steady-state loading con-
dition is a situation where heat storage effects varying over a period of time can be
ignored.

2. A transient thermal analysis determines the temperature distribution and other
thermal quantities under conditions that vary over a period of time.

The model was created as a cube of aluminum with a wall thickness of 1 mm as de-
fined by the structures group with previously given optical surface properties.

This model consists of the outer structure (Figure 3-3) and the main board and bat-
tery (Figure 3-4), internals.

Due to the calculations in chapter 2, in this section the following case was analyzed:
5 surfaces covered with 30% black paint and 70% solar cells, one side, where the
antennas are mounted is painted black.

For the analysis the model was simplified: the emissivity was scaled according to the
percentage of the area occupied on each side by solar cells and raw aluminum, the
density, the thickness and the specific heat have been summarized in percent.

Figure 3-3 Finite element model
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Figure 3-4 Components of the finite element model inside

For an accurate thermal analysis the model requires the identification of heat sources
and sinks, external and internal, such as heater. The transient analysis is carried out
in two phases: Sun phase and eclipse.

The first analyses are done with internal power dissipation 1W and without internal
heat from heater.

In the Sun phase, with duration of t5,,=60.5min there are heat flux loads from the
Sun, Albedo and the Earth. A bulk temperature of 3 K was defined to simulate the
background temperature, which surrounds Compass-1 in space. The load values are
given in Table 3-1. The Sun flux is loaded on the top of Compass-1, Albedo and
Earth radiation on the bottom. This case exists when =0 (B= angle between the Sun
vector and the orbit plane, chapter 1.2).

Heat flux Sun 1370 W/m?
Albedo 470 W/m?
IR radiation 198 W/m2
Time (per orbit) 3600 s

Table 3-1 Heat input Parameters

eSun phase calculation

The transient temperature calculation of the outer skin for the Sun phase Compass-1
after the 3 orbit is shown in Figure 3-5. The temperature values are between 11.8°C
and 18.22 °C for the surface of the satellite.
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Figure 3-6 shows the temperature values inside Compass-1. The results show that
the temperature values are within the allowable limits for each satellite component.

| I ] I

11.178 12.744 14.31 15.875 17.44]
1l.261 13.527 15.092 l6.658 18,223

Figure 3-5 Temperature distribution at the end of Sun phase

e

11.411 13,336 15,261 17,186 19,111
12,374 14, 295 16,223 13.145 20,073

Figure 3-6 Temperature distribution inside at the end of Sun phase
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eShadow phase calculation

After the Sun phase the eclipse was carried out with tecipse =35.5min. The only load is
the Earth IR I:=198 W/m?* applied on the bottom side of Compass-1. In Figure 3-7
the temperature contour on outer skin of Compass-1 in eclipse can be seen. The
temperature values are between -43.5°C and -41.7°C. The results shown in Figure 3-
8 indicate that the temperature values are between -9.8°C and -43.4°C. Comparing
this to the operating temperature limits of Compass-1, a heater is needed to protect
the battery.

| I

-43. 523 -43.119 -42,715 -42,311 -41.,907
-43. 321 -42Z,917 -42,513 -42,109 -41.705

Figure 3-7 Temperature distribution on outer structure for shadow phase

£ 3

-43,389 -35.9Z8 -Z8.486 -z1.045 -13.604
-39.648 -3Z.207 -Z4.786 -17.324 -9.883

Figure 3-8 Temperature distribution inside Compass-1 at the end of the shadow
phase
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eShadow phase with heater

The further analysis was done to determine how long the heater attached to the bat-
tery has to be switch on. Several analyses with different conditions (i.e. time and
power the heater was switched on) have been done. Figure 3-9 shows the optimum
results inside Compass-1 when the heater is on. Chapter 3.3 describes the condi-

tions of this analysis, in detail

R

-36.404 -E6.EZ38 -l&6.071 —-5_505 4 261
-21.32E1 -Zl.lE4 -10.328 -.2ZZ15¢ S.3244

Figure 3-9 Temperature distribution during eclipse when heater was attached to the battery

| I | I

-36.591 -34.058 -31.525 -28.992 -26.459
-35.325 -32.791 -30.258 -27.725 -25.192

Figure 3-10 Temperature distribution during eclipse with heater
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3.3 Nodal network modeling results

From the transient analysis of the nodal network modeling with ANSYS, it was ob-
tained that the maximum temperature is expected between 11.1°C, inside Compass-
1 and 18.2°C on outer skin during the Sun period. The temperature contour which
results from the thermal analysis in Sun phase is shown in Figure 3-5 and Figure 3-6.
It indicates that the temperatures are within the upper temperature limits.

The temperature distribution during eclipse is shown in Figure 3-7 and Figure 3-8.
The average temperature values are between -43.9°C and -9.88°C.

Due to the limited temperature ranges of the electronic components within the satel-
lite, especially the battery, it is necessary to control the temperature during the
eclipse period. The battery is the most thermally sensitive one of the satellite subsys-
tems, because it cannot operate below 5°C and above 20°C.

Figure 3-9 shows results for an analysis which was done when the heater was
switched on.

After different analyses following solution is sufficient: At the end of the Sun phase,
when Compass-1 is enters the shadow, five minutes later the heater has to be
switched on with a power of 42mW. The temperature of the battery is an average of
7°C, which is a perfect value within the operational limits. When Compass-1 is about
t=11.67min in the shadow, the heater has to increase its power up to 86mW and has
to keep this power to the end of the eclipse. The temperature distribution is shown in
Figure 3-9 at the end of the shadow phase.

The temperatures at the electronics component are between -31.3°C and -21.15°C.
Comparing the operational temperature limits (Table 1-1) the values are within their
allowable limits.

Contrary to the battery the structure (outer skin) is still very cold. The temperature

values for the structure are shown in Figure 3-10. The values are between -36.5°C
and -26.5°C. These values are also within their operational limits.

-61-



4 Thermal Control

It is necessary to keep the temperature of Compass-1 in a defined temperature range
during its entire mission, because all electronic devices are designed to operate in
this temperature range. Basically, the allowable temperature range is defined by the
“‘weakest” subsystem component, i.e. the component with the smallest temperature
range.

The thermal control system is composed of two different types of systems the pas-
sive and active. The passive is generally lighter, requires less electrical power and is
less costly then an active design. The active systems are used for manned space-
craft, for situations requiring very close tolerance temperature control or for compo-
nents that dissipate a large amount of waste energy. A completely passive system is
not sufficient for Compass-1. The spacecraft will carry a combination of passive and
active solutions.

4.1 Active thermal control system

The active thermal control of a spacecraft may require the use of heaters, cooler,
shutters, louvers or cryogenic materials. The heaters are usually wire-wound resis-
tance heaters that may be controlled by a thermostat. Shutters and louvers are the
most common active thermal control devices. The louvers open when heat needs to
be radiated and close when the temperature is lowered. For long term cooling to low
temperatures, the best approach is to use the cryogenic fluid because it uses less
energy and it is more effective.

A comparison between the analysis results above and the temperature limits listed in
Table 1-1, chapter 1, shows that the thermal environment is not suitable for the bat-
tery and camera components without thermal management efforts. In the worst cold
case the components will excessively cool and perhaps cease to function. To prevent
that, one heater will be attached to the battery and activated each time, the tempera-
ture drops below a certain threshold level.

4.2 Passive thermal control system

The techniques applied for passive thermal control include the use of spacecraft
coatings, insulation blankets (MLI), Sun shields, radiating fins and heat pipes. Due to
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the volume and power constrains of Compass-1, passive control methods in the form
of thermal coatings and insulation are preferred.

Thermal finishes are the simplest solution. They can vary greatly in type. Most are
simple paints that can be applied to the surface of a spacecraft structure. Thermal
finishes include paints, silverized plastics and coatings.

Generally, high emittance is desirable so that internally generated heat can be radi-
ated effectively and low absorptivity is desirable to minimize the effects of solar radia-
tion.

Multi Layers Insulation is used to insulate the inside of the satellite from its external
environment and prevent excessive heat loss from a component or excessive heat-
ing. Conductive heat transfer is practically eliminated; heat transfer across this mate-
rial is primarily by thermal radiation from one layer to the next. MLI consists typically
of several layers of aluminized Mylar or Kapton films with a low conductance spacer.

The operating ranges of different components of Compass-1 drive the thermal re-
quirements, as well as the power dissipated and exposure to the external environ-
ment. Table 1-1 in chapter 1.1 shows the thermal operating ranges for the vital com-
ponents on Compass-1. Out of these components, the camera and the battery are
the most thermally constrained.

The bottom side of the satellite will be painted black, because of the high absorptivity.
There are also two solar cells on the bottom panel, which converts the Albedo (after
all 35% of the solar flux) radiation to electrical energy. The top of the satellite and the
side plates are made from aluminum (6061-T6), which will be also painted black and
are covered with two solar cells each, apart from the antenna side.

-63-



Hardware

To avoid the low temperatures during the eclipse the implementation of heaters has
been found an adequate solution. The heaters can be hard or flexible. Flexible heat-
ers are the most common in satellites because they can conform to various shapes.
Heater from Minco Products, Inc (Figure4-1) offers a wide range of different heaters,
but some are not suitable for the given constrains. Wire-wound rubber heaters are
more economical in larger size, oversized for our size requirements. Silicone heaters
are not suitable for radiation and vacuum. Mica heaters consist of an etched foil ele-
ment sandwiched between layers of mica and they are not flexible. A Kapton has
been selected. Kapton is a thin, semitransparent material with excellent dielectric
strength. Kapton heaters are ideal for applications with space and weight limitations,
or where the heater will be exposed to vacuum.

Figure 4-1 Heater

The heater will heat the battery during the eclipse to within the required temperature
range for that component. The heater will be connected to the electrical power sub-
system (EPS) and is closed-loop controlled by a temperature sensor via Command
and Data Handling System (CDHS). It constantly measures the current temperature
and controls the heater’s value setting to increase or decrease Compass-1 tempera-
ture according the defined setting. The heater is switched on, when the actual tem-
perature T, is lower than the required temperature Tmin=5°C. If the actual tempera-
ture T, is higher than the required temperature Tmax=20°C is higher the heater shall
switch off. The block diagram in Figure 4-4 shows the closed-loop for the heater
[R16].

Product number HK 5447 R290 L12 E
Mass 0.4g
Resistance 290 Q
Power 86m W
Volume 63.5x76.2 x.127mm
Location inside top of battery box

Table 4-1 Heater characteristics
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Figure 4-2 Thermal subsystem block diagram

- 65 -



Temperature Sensors:

Temperature sensors are used to relay relevant thermal information to EPS, which
toggles the thermal controls. The heater shall be turned on or off based on the in-
struction by the EPS.

The LM75 is a temperature sensor (Figure4-3), Delta-Sigma analog-to-digital con-
verter, and digital over-temperature detector with I?*C® interface. The host can query
the LM75 at any time to read the temperature. The open-drain Overtemperature
Shutdown (O.S.) output becomes active when the temperature exceeds a program-
mable limit. This pin can operate in either “Comparator” or “Interrupt” mode.

Figure 4-3 Lm75 Temperature Sensor

The LM75 sensors will be installed on all boards inside of the satellite, to the camera
and to the battery of the power subsystem. The purpose is to measure the tempera-
ture of each board of the satellite and to measure the temperature of the battery and
send the information to EPS to make sure the temperatures are within their survival
limits [R14]

Temperature sensors shall be connected to a 2-wire bus.

Supply voltage 3.0V to 5.5V
Supply current operating 250pA (typ); 1mA (max)
shutdown 4pA (typ)

Temperature -25°C to +100°C
Accuracy + 2°C (max)

Temperature -55°C to +125°C
Accuracy + 3°C (max)
Interface I2C Bus

Table 4-2 Temperature sensor LM75 characteristics
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The second temperature sensor M-FK 222 (Figure 4-3)is used to determine the Solar
Cell temperature on each side of the spacecraft. This platinium thin-fim sensor is
small and light and can be used an a teperature range from —70°C — 500°C. There is
very long-term stable wit a drift of 0.04% after 1000h at 500°C [R15].

|

Figure 4-3 M-FK 222 Temperature Sensor

Insulation resistance > 10 MQ at 20°C
> 1MQ at 500°C
Temperature range -70°C to +500°C
Temperature coefficient TCR=3850 ppmK
Leads Nickel platinum-clad wire
Measuring current 100Q: 0.1 to 0.3mA

Table 4-3 Temperature sensor M-FK 222 characteristics
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4.3 System optimization

The results of the previous calculations and the analysis show, the overall tempera-
ture of Compass-1 is too low to fulfill the requirements. From the numbers can be
derived that Compass-1 tends towards lower temperatures rather than higher. To
maintain the satellite at a mean temperature close to 20°C, a satisfactory balance
has to be achieved between heat sources and cold sinks. There is a variety of engi-
neering parameters that can be adjusted in order to achieve this goal. However, only
few of those are open for change. As an example, changing the geometry of the
spacecraft can have a positive effect on the temperatures of Compass-1. For obvious
reasons, changing the geometrical configuration is not an option.

Another way of passively improving the thermal behavior of the spacecraft is to influ-
ence its radiation characteristics. These are governed by its surface properties, in
particular € and a. As has been discussed earlier, a black paint coating of exposed
aluminum parts has been assumed during the calculations. This coating generally
leads to higher temperatures. The selection of coating is an optimum solution and will
not be adjusted.

The bottom line problem is that the satellite will cool down to exceedingly low tem-
peratures during cold mission phases, i.e. phases without significant energy intake.
The active solution is to keep Compass-1 warm by electrical heaters during these
phases. The EPS manages the thermal control system. Temperature measurements
recorded by a network of temperature sensors are compared to reference values.
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5 Conclusion

Spacecraft components must be maintained within their acceptable temperature lim-
its in order to remain operational. Because of the low available thermal power it was
a goal to provide an adequate control. Ideally, the thermal system would be as pas-
sive as possible to minimize mass and power requirements. Compass-1 will prelimi-
nary use coating and paints to control heat radiation. Special care was taken to en-
sure the allowable temperature limits. By comparing the analysis results to the tem-
perature requirements of the components in Figure 3-5 — Figure 3-8 it is found that
the temperature values during the Sun phase are within the allowable limits. For
Compass-1 black paint on aluminum was chosen. In the eclipse the temperature for
the battery is below the operating temperature limits. Therefore during the coldest
scenario, the addition of 86mW of heater power is needed to maintain the battery in
its operating status. A further analysis has been done with a heater to determinate a
solution for the shadow phase. It is necessary to heat the satellite almost during the
entire eclipse. But then the temperature values, especially the battery, stay within
their operational temperature limits.

For the further work it would be recommended to perform thermal balance and ther-
mal cycle tests. Compass-1 model, along with the other subsystems must be ex-
posed to the high temperature and vacuum extreme in order to simulate the satellite
in orbit.
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Appendix A

Following detailed instationary calculations for different cases with
various surface properties are presented:

Calculation for illuminated coverage (the bottom either) with 70% solar cells and 30%
aluminum
The equilibrium temperatures are:

* For the cold case at the end of eclipse: T, =177.0K
* For the hot case in Sun: T = 320.8K

Using the equation (27) for the heating up phase, where

Tg =T, = 320.8K
T, = starting temperature of calculation = 177.0K

and equation (28) for cooling down, where

T, =T, = 177.0K

— 'min

T, = starting temperature of calculation =T, >T

sunl a

with the constant c¢q =2585s and ce =15392s
T, =320.8K, T =177.0K

&, = average emissivity value for the satellite = 0.53

QA =4'QA|-SC +1'Q‘Bp—Sc +1'QAI

g 0T A =0T (BA- £, . +1A-£,)
5 1

En =E'6A"S°+E.SA' =0.53

Calculation for illuminated side coverage with 100% aluminum and black painted bot-
tom with solar cells, orientated to Earth

The equilibrium temperatures are:
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* For the cold case at the end of eclipse: T, =192.4K
* For the hot case in Sun: Trax = 295.0K

Using the equation (27) for the heating up phase, where

Ts =T, = 295.0K
T, = starting temperature of calculation = 192.4K

and equation (28) for cooling down, where

Te =T,,= 192.4K
T, = starting temperature of calculation = T, >T

a

with the constant ¢ =3091s and cg =11143s

Ts

Ep

249.4K, T, =187.4K
average emissivity value for the satellite = 0.57

Calculation for illuminated coverage with 100% aluminum and bottom side with 70%
solar cells and 30% aluminum

The equilibrium temperatures are:

* For the cold case at the end of eclipse: T ;, =177.0K
* For the hot case in Sun: T = 289.2K

Using the equation (27) for the heating up phase, where

Ts =T, = 289.2K
T, = starting temperature of calculation = 177.0K

and equation (28) for cooling down, where

T, =T, = 177.0K

a

T, = starting temperature of calculation =T, >T

with the constant ¢y =3529s and cg =15392s
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T, =289.2K, T, =177.0K
&, = average emissivity value for the satellite = 0.53

Calculation for illuminated and orientated side to the Earth coverage with 70% solar
cells and 30% black paint ( illuminated side 4 covered with 100% black paint)

* For the cold case in the eclipse: T, =167.7K
* For the hot case in Sun: T = 287.9K

Using the equation (27) for the heating up phase, where

Tg =T, = 287.9K
T, = starting temperature of calculation = 167.7K

and equation (28) for cooling down, where

T =T,,=167.7K
T, = starting temperature of calculation = T, >T

a

with the constant ¢, =2179s and cg =11025s

Ty =287.9K, T, =167.7K

| = 980&

kg -K

me =279 and ¢, = 1600kg’:j\|—-mK

m, =270g and c

W

&, = average emissivity value for the satellite
Qa =5-Qpp s +1-Qp,
£ 0T A =0'T4(5A-ngfsC+1A-ng)

1
Ep =g"9Bp—Sc +E~ng =0.87

Calculation for illuminated coverage with 70% solar cells and 30% black paint and
the bottom coverage with 70% solar cells and 30% aluminum ( illuminated side 4
covered with 100% black paint)

The equilibrium temperatures are:
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* For the cold case in the eclipse: T.in =154.4K
* For the hot case in Sun: Trax = 290.3K

Using the equation (27) for the heating up phase, where

Ts =T, = 290.3K
T, = starting temperature of calculation = 154.4K

and equation (28) for cooling down, where

Te =T, = 154.4K
T, = starting temperature of calculation =T, >T

a

with the constant ¢y = 2228s and ce =14808 s

T, =290.3K, T = 154.4K

m, =270g and ¢, =980
A kg -K

Nm
m.=27g and c, =1600—"
SC g Wge kg . K

&, = average emissivity value for the satellite

QA =4'QBp—5c +1'Q5p +1‘QA|—SC

en0T A =0T (4A &gy o +1A 65 +1A £, )
4 1 1

Ep =g'€Bp_sC +€'83p+€‘8A|—SC:0'83
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Calculation for illuminated side with 100% black paint and orientated bottom side with
70% solar cells and 30% aluminum

The equilibrium temperatures are:

* For the cold case in the eclipse: T, =154.4K
* For the hot case in Sun: T, = 286.1K

Using the equation (27) for the heating up phase, where

Ts =T, = 286.1K
T, = starting temperature of calculation = 154.4K

and equation (28) for cooling down, where

T =T,,,= 154.4K
T, = starting temperature of calculation =T, >T

a

with the constant ¢ =2327s and ce =14808s

where

T, =286.1K, T = 154.4K
&, = average emissivity value for the satellite = 0.83

Calculation for illuminated side with 100% black paint and orientated side to Earth
covered with 70% solar cells and 30% black paint

The equilibrium temperatures are:

* For the cold case in the eclipse: T, =167.7K
* For the hot case in Sun: T = 289.6K

Using the equation (27) for the heating up phase, where

T =T, = 289.6K
T, = starting temperature of calculation = 167.7K

and equation (28) for cooling down, where
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T, =T, = 167.7K

— "min

T, = starting temperature of calculation =T, >T

sunl a

with the constant ¢, =2140s and ce =11025s

where

T, =289.6K, T, =167.7K
&, = average emissivity value for the satellite = 0.87
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Appendix B

Following detailed instationary calculations (with internal power
dissipation) for different cases with various surface properties are

presented:

Calculation for coverage (the bottom either) with 70% solar cells and 30% aluminum

The equilibrium temperatures are:

* For the cold case at the end of eclipse: T, = 202.2K
* For the hot case in Sun: T =326.0K

Using the equation (27) for the heating up phase, where

Tg =T, = 326.0K
T, = starting temperature of calculation = 202.2K

and equation (28) for cooling down, where

T, =T, = 202.2K

— "min

T, = starting temperature of calculation =T, >T

a

with the constant ¢y =2463.6s and ce =10324.8s

T, = 326.0K, T, =202.2K

m, =270g and ¢, =980—_
Al kg . K
Nm
my. =27 and ¢, =1600——
SC g Wge kg . K

&, = average emissivity value for the satellite = 0.53
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Calculation for coverage with 100% aluminum and black painted bottom with solar
cells

The equilibrium temperatures are:

* For the cold case at the end of eclipse: T ;, = 213.0K
* For the hot case in Sun: T =305.0K

Using the equation (27) for the heating up phase, where

T, =T, = 305.0K
T, = starting temperature of calculation = 213.0K

0

and equation (28) for cooling down, where

T, =T,, = 213.0K

— "min

T, = starting temperature of calculation =T, >T

a

with the constant ¢, =2797s and Ce =8213s

T, =305.0K, T =213.0K
&, = average emissivity value for the satellite = 0.57

Calculation for illuminated coverage with 100% aluminum and bottom side with 70%
solar cells and 30% aluminum

The equilibrium temperatures are:

* For the cold case at the end of eclipse: T, = 202.2K
* For the hot case in Sun: T = 296.1K

Using the equation (27) for the heating up phase, where

T . =296.1K

TS
T, = starting temperature of calculation = 202.2K

and equation (28) for cooling down, where
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Te =T,,= 202.2K

— "min

T, = starting temperature of calculation =T, >T

sunl a

with the constant ¢, =3288s and ce =10324s

—
w
1

296.1K, T, = 202.2K
average emissivity value for the satellite = 0.53

Q)
>
1

Calculation for illuminated and orientated side to the Earth coverage with 70% solar
cells and 30% black paint

* For the cold case in the eclipse: T, =185.7K
* For the hot case in Sun: T = 299.6K

Using the equation (27) for the heating up phase, where

T =T, = 299.6K
T, = starting temperature of calculation = 185.7K

and equation (28) for cooling down, where

T, =T, = 185.7K

— "min

T, = starting temperature of calculation =T, >T

sunl a

with the constant ¢ =1934s and ce =8120s

T, =299.6K, T, =185.7K
g, = average emissivity value for the satellite =0.87
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Calculation for illuminated coverage with 70% solar cells and 30% black paint and
the bottom coverage with 70% solar cells and 30% aluminum

The equilibrium temperatures are:

* For the cold case in the eclipse: T, =176.3K
* For the hot case in Sun: T = 294.3K

Using the equation (27) for the heating up phase, where

T . = 294.3K

TS
T, = starting temperature of calculation = 176.3K

and equation (28) for cooling down, where

T =T,,,=176.3K
T, = starting temperature of calculation =T, >T

a

with the constant ¢ =2138s and Ce =9946s

T, =294.3K, T =176.3K
&, = average emissivity value for the satellite = 0.83

Calculation for illuminated side covered with 100% black paint and bottom side with
70% solar cells and 30% aluminum

The equilibrium temperatures are:

* For the cold case in the eclipse: T, =176.3K
* For the hot case in Sun: Toax = 295.9K

Using the equation (27) for the heating up phase, where

T =T, = 295.9K
T, = starting temperature of calculation = 176.3K

0

and equation (28) for cooling down, where
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T. =T, = 176.3K

— "min

T, = starting temperature of calculation =T, >T

sunl a

with the constant ¢, =2104s and Ce =9946s

where

T, =295.9K, T, =176.3K
g, = average emissivity value for the satellite = 0.83

Calculation for coverage with 100% black paint and bottom side with 70% solar cells
and 30% black paint

The equilibrium temperatures are:

* For the cold case in the eclipse: T, =185.7K
* For the hot case in Sun: Thax =30L1K

Using the equation (27) for the heating up phase, where

T, =T, =301.1K
T, = starting temperature of calculation = 185.7K

and equation (28) for cooling down, where

T =T,,,=185.7K
T, = starting temperature of calculation

>T

sunl

with the constant ¢ =1905s and ce =8120s

where

—
w
1

301.1K, T =185.7K
&, = average emissivity value for the satellite = 0.87
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Appendix C

This section shows the transient analysis results for a case if the satellite is covered
with 70% solar cells and 30% aluminum, one side with 100% aluminum and bottom
side with 70% solar cells and 30% black paint.

The analysis for the Sun period is computed using a solar flux of 1370 W/m?, Albedo
flux equal to 0.34 the solar flux and the Earth infrared flux of 198W/m? (the p =angular

radius of the Earth was considered).The eclipse period has only Earth infrared flux.

Figure 6-1 shows the temperature distribution in the Sun phase. The values are
above the allowable temperature limits for the battery.

45,3 47,126 43,951 50,777 52,603
46,213 45,039 49,564 51.69 53.516

Figure 6-1 Temperature distribution in the Sun phase
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-46.747 -46.395 -46. 044 -45.693 -45.341
-45.571 -d5. 22 -45. 868 -45.517 -45.166
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Figure 6-2 Temperature distribution in the eclipse

U e—— T —

-46. 166 -38.324 -30.4383 -ZZ.642 -14.301
-4z, 245 -34. 404 -26. 563 -18.721 -10.88

Figure 6-3 Temperature distribution inside Compass-1 in the eclipse
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Appendix D

D.1 Heat Flow Fundamentals

Conduction and Convection
The first law of thermodynamics states that thermal energy is conserved. Specializing
this to a differential control volume:

pc[%ﬂv}T{L}T}{L}T o=
(D.1)

where:

p = density
¢ = specific heat
T = temperature (=T(x,y,z,t))

t = time
(3]
ax
L} == 2 > = vector operatar
a3
9
:r

Y|  welocity vectar for mass transport of heat
v} = Wy ¢ =(Input as VX, VY, VZ on R command,

y PLAMESS and SOLIDTO onky).
z

{q} = heat flux vector

q- heat generation rate per unit volume

It should be realized that the terms {L}T and {L}{q} may also be interpreted as ¥ T

and ¥ *{q}, respectively, where " represents the grad operator and ¥ "represents
the divergence operator. Next, Fourier's law is used to relate the heat flux vector to
the thermal gradients:

o} = -DHLIT 0.2)
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Ky 0O 0
D)= 0 Hw 0 | =conductivity matrix
0 I

Ko Kyy, Kzz = conductivity in the element X, y, and z directions, respectively

Combining Equation (D.1) and Equation (D.2),

pc [% v} {L}T] = LT (DHLIT +

(D.3)
Expanding Equation D.3 to its more familiar form:
ooy 3T, 9T aT
ot foax Y E}y 292
a( E}T) a( E}T) a( BT)
+—| Ky — [+ | Ky =— |+ =—| K; =—
ox\ “ax) oyl Yoy) B8z * oz 0.4

It will be assumed that all effects are in the global Cartesian system. Three types of
boundary conditions are considered. It is presumed that these cover the entire ele-
ment. Specified temperatures acting over surface Sy:

T=T (D.5)

where T* is the specified temperature (input on D command).
Specified heat flows acting over surface Sy:

{q}T fn}t=-q" (D.6)
where:

{n} = unit outward normal vector
q* = specified heat flow

Specified convection surfaces acting over surface S3 (Newton's law of cooling):

{a}T {n} = h¢(T5 - Tg) (D.7)
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where:

hs = film coefficient Evaluated at (Tg + Ts)/2 unless otherwise specified for the
element

Tg = bulk temperature of the adjacent fluid
Ts = temperature at the surface of the model

Note that positive specified heat flow is into the boundary (i.e., in the direction oppo-
site of {n}), which accounts for the negative signs in Equation (D.6) and Equation
(D.7). Combining Equation (D.2) with Equation (D.6) and Equation (D.7)

fy CHLT =" (D.8)

i} OHLIT = hy(Tg T (D.9)

Premultiplying Equation (D.3) by a virtual change in temperature, integrating over the
volume of the element, and combining with Equation (D.8) and Equation (D.9) with
some manipulation yields:

Lm[F’C 8T [% ! {L}T] +{L}T (8T)DHLIT) | divol) -

Js, T =) f5 oThlle ~TidSs)= [ ot ddlvol (D.10)

where:

vol = volume of the element
oT = an allowable virtual temperature (=8T(x,y,z,t))

Radiation

Radiant energy exchange between neighboring surfaces of a region or between a
region and its surroundings can produce large effects in the overall heat transfer
problem. Though the radiation effects generally enter the heat transfer problem only
through the boundary conditions, the coupling is especially strong due to nonlinear
dependence of radiation on surface temperature.

Extending the Stefan-Boltzmann Law for a system of N enclosures, the energy bal-
ance for each surface in the enclosure for a gray diffuse body is given by Siegal and
Howell [7], which relates the energy losses to the surface temperatures:
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I ,5 1_5' 1 i
> f—':ji ']—@i = > (8j ~Fj)oT!
=T &

S A F (D.11)

where:

N = number of radiating surfaces

O;; = Kronecker delta

&; = effective emissivity of surface i

Fij = radiation view factors (see below)
A = area of surface i

Q; = energy loss of surface i

o = Stefan-Boltzmann constant

T; = absolute temperature of surface i

For a system of two surfaces radiating to each other, Equation (D.11) can be simpli-
fied to give the heat transfer rate between surfaces i and j as:

Qi = o5 AT - T} (D.12)

where:

Ti, Tj = absolute temperature at surface i and j, respectively

View Factors

The view factor, Fj, is defined as the fraction of total radiant energy that leaves sur-
face i which arrives directly on surface j, as shown in View Factor Calculation Terms.
It can be expressed by the following equation:

Figure D-1 View factor calculation terms
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o 1 COSE COS | dA
i 7 [ Ja T AR A (D.13)

where:

A, A = area of surface i and surface j

r = distance between differential surfaces i and j

6 = angle between N; and the radius line to surface d(A))
6; = angle between N; and the radius line to surface d(A))
Ni,N; = surface normal of d(Aj) and d(A))

D.2 Radiosity Solver Method

In the radiosity solver method for the analysis of gray diffuse radiation between N
surfaces, Equation (D.11) is solved in conjunction with the basic conduction problem.
For the purpose of computation it is convenient to rearrange Equation (D.11) into the
following series of equations

I
> [ 8- (1-e)R] o = 0T
=1 (D.14)
and
N
G =0 - Faf
=1 (D.15)

Equation A38 and equation (D.15) are expressed in terms of the outgoing radiative
]

fluxes (radiosity) for each surface, 9 , and the net flux from each surface q;. For
known surface temperatures, T, in the enclosure, equation (D.14) forms a set of lin-
ear algebraic equations for the unknown, outgoing radiative flux (radiosity) at each
surface. Equation (D.14) can be written as

(A} = (D} (D.16)
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where:

Aij =8 = 1- &R
qj-:' = radiosity flux for surface |
Di = EiGTi"jr

[A] is a full matrix due to the surface to surface coupling represented by the view fac-
tors and is a function of temperature due to the possible dependence of surface
emissivities on temperature. Equation (D.16) is solved using a Newton-Raphson pro-
cedure for the radiosity flux {q°}.

When the q° values are available, Equation (D.15) then allows the net flux at each
surface to be evaluated. The net flux calculated during each iteration cycle is under-
relaxed, before being updated using

t_ k+1 k
Qine =g +(1-9¢)q, (D.17)
where:

¢ = radiosity flux relaxation factor
k = iteration number

The net surface fluxes provide boundary conditions to the finite element model for the
conduction process. The radiosity Equation (D.16) is solved coupled with the conduc-
tion Equation (D.11) using a segregated solution procedure until convergence of the
radiosity flux and temperature for each time step or load step.

The surface temperatures used in the above computation must be uniform over each
surface in order to satisfy conditions of the radiation model. In the finite element
model, each surface in the radiation problem corresponds to a face or edge of a finite
element. The uniform surface temperatures needed for use in Equation (D.16) are
obtained by averaging the nodal point temperatures on the appropriate element face.
For open enclosure problems using the radiosity method, an ambient temperature
needs to be specified using a space temperature or a space node, to account for en-
ergy balance between the radiating surfaces and the ambient.

View Factor Calculation - Hemicube Method

For solution of radiation problems in 3D, the radiosity method calculates the view fac-
tors using the hemicube method as compared to the traditional double area integra-
tion method for three-dimensional geometry. Details using the Hemicube method for
view factor calculation are given in Glass [8] and Cohen and Greenberg [9]

The hemicube method is based upon Nusselt's hemisphere analogy. Nusselt's anal-
ogy shows that any surface, which covers the same area on the hemisphere, has the
same view factor. From this it is evident that any intermediate surface geometry can
be used without changing the value of the view factors. In the hemicube method, in-
stead of projecting onto a sphere, an imaginary cube is constructed around the cen-
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ter of the receiving patch. A patch in a finite element model corresponds to an ele-
ment face of a radiating surface in an enclosure. The environment is transformed to
set the center of the patch at the origin with the normal to the patch coinciding with
the positive Z axis. In this orientation, the imaginary cube is the upper half of the sur-
face of a cube, the lower half being below the 'horizon' of the patch. One full face is
facing in the Z direction and four half faces are facing in the +X, -X, +Y, and -Y direc-
tions. These faces are divided into square 'pixels' at a given resolution, and the envi-
ronment is then projected onto the five planar surfaces. The Hemicube shows the
hemicube discretized over a receiving patch from the environment.

Figure D-2. The Hemicube

Figure D-2 Derivation of Delta-View Factors for Hemicube Method

A
‘fi Hemicuhe picel LA
W -

|

|

| v
KAy e

The contribution of each pixel on the cube's surface to the form-factor value varies
and is dependent on the pixel location and orientation as shown in Derivation of
Delta-View Factors for Hemicube Method. A specific delta form-factor value for each
pixel on the cube is found from modified form of Equation (D.18) for the differential
area to differential area form-factor. If two patches project on the same pixel on the
cube, a depth determination is made as to which patch is seen in that particular di-
rection by comparing distances to each patch and selecting the nearer one. After de-
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termining which patch (j) is visible at each pixel on the hemicube, a summation of the
delta form-factors for each pixel occupied by patch (j) determines the form-factor
from patch (i) at the center of the cube to patch (j). This summation is performed for
each patch (j) and a complete row of N form-factors is found.

At this point the hemicube is positioned around the center of another patch and the
process is repeated for each patch in the environment. The result is a complete set of
form-factors for complex environments containing occluded surfaces. The overall
view factor for each surface on the hemicube is given by:

N COS ¢ COS
Fi=3 AR, = i > il AA
n=1

r

(D.18)

where:

N = number of pixels
AF = delta-view factor for each pixel

The hemicube resolution determines the accuracy of the view factor calculation and
the speed at which they are calculated using the hemicube method. Default is set to
10. Higher values increase accuracy of the view factor calculation. [10]
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